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FOREWORD 


The Future Space Transportation System Analysis 
Study, NASA Contract NAS9-14323, is managed 
by the NASA Lyndon B. Johnson Space Center 
(JSC) and is being performed by the Research and 
Engineering Division of The Boeing Aerospace 
Company in Seattle, Washington. The Contracting 
Officer’s Representative (COR) is Harle L. Vogel of 
the Future Programs Division of JSC. Study 
management team members assisting the COR are; 


R. E. Austin 
R. F. Baillie 
L. K. Fero 
H. P. Davis 


Marshall Space Flight Center 
Johnson Space Center 
NASA Headquarters 
Johnson Space Center 


The Contractor’s study manager is G. R. 
Woodcock. Principal technical contributors were: 

E. E. Davis Mission/System Analysis 
G. H. Henning Mass Properties and 
. System Parame tries 
J. J. Olson Configurations 


This document is the executive summary report at 
the completion of the Phase I extension (December 
19, 1975). It summarizes results of the study up to 
the present time. Phase 11, now in progress, will be 
complete at the end of December, 1 976. Requests 
for information should be directed to Gordon R. 
Woodcock of the Boeing Aerospace Company in 
Seattle or Harle L. Vogel of the Future Programs 
Division of the Johnson Space Center in Houston. 
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1.0 INTRODUCTION 


The Future Space Transportation Systems Analysis 
study is an analysis of potential future space 
programs beyond the scope of the current shuttle 
traffic model, intended to determine tlieir trans- 
portation needs, and an evaluation of alternative 
ways of evolving future space transportation sys- 
tems from the baseline Space Transportation Sys- 
tem (space shuttle and upper stage), to meet those 
needs. Objectives for the entire study are indicated 
in Table 1 . 

The sequence of analysis steps for the Future 
Space Transportation Systems Analysis Study is 
shown in Figure I . Phase I (complete) set the stage 
for the subsequent phases by identifying and 
defining missions and potential transportation 
modes and options. The Phase I extension devel- 
oped the data base for the transportation modes 
needed to accomplish Phase II. Through the Phase 
I Extension each mission option was considered 
independently of the others; transportation modes 


Table 1. Study Objectives 


STUDY 

OBJECTIVE PHASE 

• DEFINE POTENTIAL TRANSPORTATION I 

REQUIREMENTS RESULTING FROM A 
RANGE OF POTENTIAL FUTURE SPACE 
MISSION OPTIONS 

• IDENTIFY POTENTIAL MISSION/ 1 

TRANSPORTATION MODES AND SYSTEM 
OPTIONS CAPABLE OF SATISFYING THE 
REQUIREMENTS 

• DEFINE THESE MISSION/TRANSPOR- I Extanston 
TATION MODES AND SYSTEMS 

• VEHICLE CHARACTERISTICS 

• PERFORMANCE 

• COST 

• SYNTHESIZE AND SELECT, FROM THESE II 

DEFINED OPTIONS. OPTIMIZED TRANS 
PORTATION SYSTEMS FOR A RANGE OF 
POTENTIAL SPACE PROGRAM 

EVOLUTIONS 

• DEFINE ADAPTIVE EVOLDTIONARY II 

STRATEGIES FOR FUTURE SPACE TRANS 
PORTATION CAPABILITY DEVELOPMENT 



Figure 1. Overall Study Logic 
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and systems were tailored to each mission option 
without consideration of potential alternate uses. 

In Phase II, the individual mission options are 
being combined in a variety of ways to form 
potential integrated programs, and the transporta- 
tion alternatives will be adjusted as needed to 
encompass the alternative uses within each inte- 
grated program. A broadly-scoped system optimi- 
zation and selection analysis will define the best 
overall transportation system approaches and evo- 
lution strategies. 

Current schedule status and plans are shown in 
Figure 2. Timing of the Phase II schedule has been 
adjusted to mesh with data availability from the 
Heavy Lift Launch Vehicle (HLLV) study. 

The FSTSA study has technical interfaces with 
several other studies. The more significant ones are 
shown in Figure 3. Interchanges with the HLLV 
and space based power studies occur on a continu- 
ing real-time basis; with the others, somewhat less 
frequently. 


2.0 PROGRAM AND MISSION OPTIONS 

Tlie study began by identification of program and 
mission options and determination of their trans- 
portation requirements in terms of payload sizes, 
masses, and delivery and returns requirements. As 
the study has progressed, new mission options have 
been added within the program areas. The set 
currently under consideration is shown in Table 2; 
descriptions of each program area are presented on 
the next several pages. 

2.1 LOW EARTH ORBIT SPACE STATION 

Three options for manned stations in a low Earth 
orbit have been considered. The modular space 
station illustrated in Figure 4 can be delivered to 
orbit in modules by the Space Shuttle and assem- 
bled in orbit. As such, it does not require advanced 
space transportation. A unitary space station con- 
sists of a single large core module with attached 
application and science modules (ASM’s) tailored 
to specific missions. The unitary station is too large 
for the Shuttle and must be placed in orbit by a 



O ORIENTATION BRIEFINQS 7 TECHNICAL REPORTS 9 FORMAL REVIEWS A WORKING REVIEWS 

Figure 2. Future Space Transportation Systems Analysis Schedule Overview 
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Table 2. Program Options 


Program 

Missions 

(^jectives 

1. Low Earth Orbit Space Stations 

* 12-man modular or unitary station 

• 60-man space base 

• Assembly operations for large structures 

• Broad spectrum eanh observatory 

• Develop space manufacturing 
■ Scientific investigations 

2 . Geosynchronous Operations 

• Satellite maintenance sortie 

• 8-man modular or unitary station 

• 50-man station 

• Maintenance and repair of 
automated spacecraft 

• Earth observations 

• Communication/navigation 

• Maintenance base for solar 
power stations 

3. Independent Lunar Surface Sorties 

• 4-man self supporting landing 

• In-depth exploration of selected areas 

4. Orbiting Lunar Station 

• 8-man modular or unitary station 
with surface sortie 

• Broad spectrum surface observation 

• 4-man, 28-day sorties 

5. Lunar Surface Base 

• 6-man, 6-month 

• 12-man, semipermanent 

• 200-man, semipermanent 

• Astronomical observations 
•Surface exploration 

• Indigenous material utilimion 

6. Manned Planetary 

• Manned Mars landing 

• Opposition 

• Conjunction 

• Venus swinq-bv 

• 3-man, 30day sortia 

• Planetology 

•Effects of modifying forces 

• Search for life forms 

7. Automated Luttar Exploration 

• Orbital observatory 

• Backside lander 

• Relay satellite 

• Broadband scientific observation 

• Long duration Rover with sample return 

8. Automated Planetary Exploration 

• Mart lander 

• Jupiter atm probe 

• Ganymede lander 

• Rover /sample return 

• Invest upper cloud system 

• Orbital observation and surface 
sample analysis 

9. Nuclear Waste Disposal 

• Refined waste 

• Total waste 

• Permanent waste disposal 

10. Satdlitt Energy Systems 

• On-orbit power generation 

• On-orbit power reflectors 

• Pilot/demonstration programs 

• Commercial electric power 

• Long range power transmission 


3 

































D180-19201-3 



Figure 4. Low Earth Orbit Space Stations 


heavy lift vdiiele. Botli of these stations normally 
carry a 12-man crew. Ihe third option is tenned 
space hase. The base is built up I'rom the large 
unitary' station size modules in a manner analogous 
to the as.sembly of smaller modules to fonn a 
12-man modular station. The space base will 
support a crew of up to sixty men and can be 
expanded beyond that if desired. These stations 
nominally operate at approximately ,s()0 km (27() 
n.mi.i altitude and either 28,5, 55. or 97 (sun 
sync. > degrees inclination. 

The objectives of these statio.ns are as fallows: 

• Develop technology and operational capabili.y 
for orbital assembly of large systems atid for 
space manufacturing. 

• Provide long term mamicd space residence. 


• ( onducf scientillc investigations of the near 
liarth space. 

• i’rovide a broad spectrum Earth olwervatory. 

• Demonstrate adaptability to observation of 
oilier celestial objects (solar, stellar, etc.). 

The mission system elemetits for tfie 12-man 
modular sta‘ion include the basic station modules, 
application and science modules (ASM), crew 
transfer modules i( IM), and resupply modules 
(KM). Nine station niodulcsarc required to provide 
t|uartcrs lor the 12-man crew, supporting subsys- 
tems, laboratories and consumables. A .solar array/ 
battery sysicni provides electrical power of 25 kw*. 
The unitary space station provides a single large 
module liousing the crew, general (nirposc labs and 
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subsystems, Crew transfer modules, resupply mod- 
ules, and application and science modules have the 

general functions as defined for the modular 

station.,. Crew rotation and resupply interval for the 
12-man stations is three months, assuming use of 
the space shuttle for this function. 

The space base consists of five large modules tlral 
each accommodate 1 2 crewmen and lab facilities, a 
base subsystera/hub module and ‘wo nuclear 
reactor modules that provide electrical power. 

Crew rotation and resupply functions are per- 
formed in the same general manner as for the 
12-man stations: resupply interval assuming use ol 
the shuttle is approximately 3 weeks rather than 3 
months. 

The space station options depicted and described 
were obtained from previous N.ASA studies of 
science-oriented stations. It is expected that sta- 
tions designed primarily to develop and support 
space assembly operations will be different in 
appearance but that their transportation require- 
ments will not be markedly different. 


2.2 GEOSYNCHRONOUS OPiRATiUlMS 

2.2.1 Geosynchronous Space Stations 

Geosynchronous orbit is the preferred location for 
a number of science and applications space opera- 
tions. Examples of these operations include 
weather reconnaissance, conmiunications/naviga- 
tion, global environmental science. Earth survey, 
and the generation or transmission of electrical 
power for terrestrial needs by satellite energy 
systems. Conduct of these operations may be 
accomplished through use of manned space sta- 
tions and automated spacecraft. 

The mis.siotts selected to represent advanced geo- 
synchronous transportation requirements were 
manned space stations ami a manned sortie to 
service automated spacecraft . Satellite energy sys- 
tems were treated as a distinct program option. 

Figure 5 show.s delivery' d' the second half of an 
8-man modular gcosynclironous station by the 
upper stage of an orbit transfer system at the time 
of rendezvous with the first half of the station. 




figure S. Geosymbmmm Space Stations 
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Delivery of the station in two flights is compatible 
with sizing of the transportation system for the 
recurring requirement of crew rotation and 
resupply. 

The reference geosynchronous space station (GSS) 
mission consists of a modular station that can be 
continuously occupied by a crew of eight and can 
accommodate both Earth applicaiion and science 
sensors. System elements making up this concept 
include the basic station modules, applicaticn and 
science modules, crew transfer vehicle and resupply 
modules. 

Nine station modules provide quarters for the 
eight-man crew, supporting subsystems and con- 
sumables. The functions provided by these mod- 
ules are as follows: twi> core modules house basic 
station subsystems and the docking provisions for 
all the other modules; two modules each provide 
crew quarters for four men and eight in an 
emergency; two modules serve as command/con- 
trol centers with one also providing the radiation 
shelter; one module provides the electrical power 
system; one module is used for the galley and 
recreation purposes; and the final module houses 
cryogenics and provides storage. 

A unitary station option for this mission is also 
described in the study technical report. The eight- 
man station options require crew rotation and 
resupply at six month inteivals. Delivery and 
return payloads are 24 950 kg (55,000 lb) and 
i4 970 kg (33,000 lb) respectively. Total misses of 
the modular and unita.-y stations aj initially deliv- 
ered are 125 000 kg (275,000 lb) and 86 300 !:u 
(190,000 lb) respectively. 

A brief stuOy was made of transportation req:\ire- 
ments for a 50-man geosynchronous station. The 
selected crew rotation and resupply interval was 2 
months with delivery and retum payloads of 
40 100 kg (88,400 lb) and 23 100 kg (50,900 lb) 
respectively. The 50-man station delivery mass was 
423 000 kg (931,000 lb). Station deliveries were 
delivered with station element sizes compatible 
with orbit-to-orbit transportation systems tailored 
to crew rotation and re-apply requirements. 

2.2.2 Geosynchronous Satel'ite Maintenance 
Sortie 

This mission was selected as an example of 
geosynchronous operations on a more modest 


scale. Current estimates of the quantity of geosyn- 
chronous automated satellites range from 180 to 
over 400 by 1990. Economics associated with 
operating the satellites will probably necessitate 
repair and refurbishment rather than disposal when 
a failure occurs. Complexity of the satellite how- 
ever, may prevent maintenance by automated 
vehicles. As a result of the above factors, the need 
for manned sorties to repair .and refurbish auto- 
mated geosynchronous satellites is a probable 
requirement. 

The reference geosynchronous satellite mainte- 
nance sortie (GSMS) mission consists of a four man 
crew performing one week of maintenance opera- 
tions, visiting four satellites with transfers up to 
15^ longitude between each visit. Figure 6 shows 
the GSMS vehicle approaching a large infrared 
telescope. 

The major payload elements in this mis,sion are a 
crew transfer vehicle fCTV) to house the four man 
crew for one week and the necessary repair and 
refurbi hment provisions. The total initial payload 
is 6570 kg (14,485 lb) and returned payload is 
;'970 kg (13.160 lb). Initial allocation for repair 
and refurbishment provisions is 1000 kg (2200 lb). 

2.3 INDEPENDENT LUNAR SURFACE 
SORTIES 

The independent lunar surface mission has as its 
objective the local exploration of selected lunar 
areas. The term “Independent” signifies that each 
mission is self-supporting as were the Apollo lunar 
missions. Logistics flights or support missions are 
not required to return the mission crew to Earth. 


Each mission leaves Earth orbit, transfers to the 
moon, enters a lunar orbit, lands four men and 
4500 kg ( 1 0,000 lbs) of mission equipment on the 
lunar surface for a 14-day exploration stay, and 
then returns to Earth. 

.\ representative independent lunar sortie configu- 
ration is illustrated in Figure 7. The concept 
consists of a crew and equipment module, lunar 
transport vehicle for landing and take-off and two 
experiment/exploration payloads. The lunar trans- 
port vehicle illustrated consists of a single stage 
that uses LO 2 /LH 2 propellants and is used for 
descent from lunar orbit, landing and the ascent 
back to lunar orbit. Single-stage and 1 1 /2-stage 
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LTV*s usinp LO 2 /LH 2 anO LO 2 /MMH propellants 
wea’ invesiigated. On the ILSS mission the LTV Is 
expended alter the crew and equipment module is 
transferred to the orbit transfer vehicle for return 
to Earth. 

2.4 ORBITING LUNAR STATION PROGRAM 

An extensive invesljgation of the moon involving 
orbital science and surface exploration of a number 
of sites for up to 30 days could employ an orbiting 
lunar station. The objectives of this program would 

be us follows; 

• Perform a broad spectrum observation of the 

lunar suriace. 

• Ccmdiict surface sorties. 

• a..p;H*rt ami cmUrol iimnanned orbital and 
surface operations. 

'fhe systems elements associated with the orbiting 

lunar station iOl Si include a space station, lunar 
transport vehicle iLlVi. resupply modules (RMl, 
iliiid module f 1 M I attd crew transfer vehicles 
(CTVi. 


The flight C 0 nnguration for a modular statioo is 
shown in Figure 8, Nine modules are required to 
provide the required volume for a crew of cigot, 
subsystems, and consumables. A tenth module 
contains science et|uipmerU and sensors. A unitary 
OLS could also be employed and would require 
only one luibilat module ratlier than nine. The 
unitary option is described in the study technical 
report. 

Two FTV*s each provide capability to conduct a 
4-man 28-day surface exploration. Landing and 
ascent payloads are 15 900 kg (35.000 lbs) and 
li 400 kg (25.100 lbs) respectively. Exploration 
payloads include a lunar vehicle (LRV) and lunar 
Hying vehicle (LFV). Tlic LTV's also serve as 
emeigeney vehicles to fran.sp»>rt the OIS crew back 
to Earth orbit should ihe <)l .8 require evacuation 
or to rescue a crew stranded on the lunar surface. 

A combination crew rotat'on/resupply High I 
occurs a( 109 day intervals. Typical delivery and 
return payloads aa* 59 940 kg ( 132.000 lbs) and 
6120 kg ( 13.500 Ihs). Crew rotation is accom- 
plished through Use o( a crew transfer vehicle 
(CTV). The (TV is sized to piovide quarters for up 
to 8 crewmen during transits between Earth and 



Figum 8. Orbiting Lumr Stdtmn Program 
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lunar orNl Hie resupply module (RM) is a 
pressurized container that includes bulk cargo te.g., 
food, clothes, etc.) for both OLS and L1‘V. The 
module is si/.ed lor a basic resupply interval of I U'> 
days plus 55 days lor contingency. The lluid 
module (FM) provides propellant lo completely 
replenish one LTV and all lunar mobility vehicles 
and cryogenics for the OLS atmosphere. 

2.5 LUNAR SURFACE BASE 

Three representative lunar surface base (LSBi 
missions were investigated: 1) a 6-man temporary 
base with durations up to six months; 2) 12-man 
semi-permanent or permanent, base as illustrated, 
with mission durations tip to five yean;; 3) a 
200-man semi-permanent base. Emphasis in trans- 
portation requirements description was given to 
the 12-man base, shown in the construction phase 
in Figure 9 . 


The objectives ofllie 12-man LSB were lo conduct 
an evolutionary program leading lo nearly perma- 
ncnl manned presence, while oerfnrming astronom- 
ical observations, deep drilling, remote explora- 
tions. local science and experiments on extraterres- 
trial resources utilization. 

Accomplishment of this mission requires a variety 
of surface equipment, capability to rotate the 
crew, resupply capability, and transportation ele- 
ments to move the equipment between the Earth 
and the moon. 

An addiiional consideration for LSB mi.ssions 
involves recent studies investigating the feasibility 
of establishing space colonies or space industries. 
Some of these studies have assumed extensive u,se 
of lunar surface materials. Tlie concept of colonies 
in space might lead tlie 1 2-man t SB mission to 
place more emphasis on pilot plaid operations 
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Tabic 3. Lunar Surface Base Payloads 


TOTAL LANDED 
BASE TO ESTABLISH BASE 


CREW ROTATION CREW ROTATION 

& RESUPPLY & RESUPPLY INTERVAL 


6-man 6-month 

60 000 kg (110.000 Ibi) 

not raquired 

1 2-man 

146 000 kg 1316,000 Ibi) 

27 700 kg (61.000 Ibi) delivary 
6 400 kg ( 1 4,000 Ibi) return 

200-man 

3.6 X 10® kg (7.7 X 10® Ibi) 

42 000 kg (92,600 Ibi) delivery 
10 000 kg (22,000 Ibi) return 


not required 

164 deyl 16.6 monthd 

1 month 


processing indigenous materials. Task 2 of Phase 1 
was conducted using the original 12-man LSB 
definition. It is believed that the postulated pilot 
plant payloads are comparable to the s' !ence 
payload definitions used. A brief study of a 
200-man base was conducted in order to scope the 
magnitude of this transportation requirement. A 
summary of payload masses is given in Table 3. 

2.6 MANNED PLANETARY EXPLORATION 

Manned Mars landing is the representative mission 
for the manned planetary exploration program. 
The objectives of this mission are to conduct an 
in-depth science program dealing with; Mars plan- 
etology, effects of modifying forces, composition, 
environment and possible life forms. 

The major system elements associated with a 
manned landing on Mars include a mission module 
(MM), Mars excursion module (MEM) and Earth 
entry module (EEM). These elements along with 
unmanned probes form the mission spacecraft. 

The mission module crew compartment provides 
the six man crew with a shirt-sleeve environment, 
quarters for living functions, operations center, 
experiment laboratories, radiation shelter and 
many of the subsystems required to support the 
above functions. This compartment is occupied by 
crewmen for the entire mission, except during the 
time when three crewmen descend to the Martian 
surface and during the Earth entry phase of the 
mission. 

The MEM is used to land a three man crew on the 
surface, provide crew quarters and operations 
center for 30 days and return the crew to the 
mission spacecraft. 

The Earth entry module (EEM) configuration is i 
six-man blunted biconic shape. The EEM systems 
are designed for 1 day’s occupancy prior to Earth 


entry. The heat shield is designed by the highest 
Earth entry velocity expected from the opposition 
mission. The unmanned probes are used to check 
out the potential landing sites for the MEM, collect 
Mars orbital science data and explore the moons 
orbiting Mars. 

Typical payloads are, delivery to Mars orbit 
110 000 kg (242.000 lbs), depart Mars orbit 
50 000 kg ( 1 1 0.000 lbs). The difference is primar- 
ily due to the MEM expended at Mars. The EEM 
mass is approximately 7900 kg ( 17.400 lbs). 

Analysis of manned planetary exploration was 
limited to that necessary to determine the ability 
of propulsion vehicles defined for other missions to 
perform this mission. 

2.7 AUTOMATED LUNAR OPERATIONS 

The program objective is unmaiined exploration of 
the lunar surface, including high latitude and 
backside regions, with the following capabilities: 

• Surface mobility (long duration traverses) 

• Deployed science stations (extension of ALSEPS 
net) 

• Sample return (of material collected on 
traverses) 

• Broadband scientific observation of the total 
lunar surface. 

Shown in Figure 10 are general operational fea- 
tures of the various program hardware elements. 
The science satellite is located in polar orbit; it 
releases a subsatellite into the same orbit. A 
backside landing and a trave.nie by a deployed rover 
are also shown. Communications during backside 
operations are relayed by a "ha'w ’ orbit satellite. 
Science stations are set out by the rover, which 
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performs various scientific functions including sam- 
ple collection during the traverse. Samples are- 
brought by the rover to the return system mounted 
on the lander platfonn; a departure to Karth by the 
sample return is shown 

Automated lunar payloads range from 500 to 900 
kg (1100 to 2200 lbs) in iunar orbit and 1600 to 
3700 kg (3500 to 8000 lbs) landed. The.se missions 
were found to be within the capability of the 
baseliiie STS (shuttle and upper .stage). 


2.8 AUTOMATED PLANETARY EXPLORA- 
TION 

Three missions were used to characterize this 
program area. A wide variety of programs can be 
imagined; the three selected are intended only as 
representative of a class of requirement and do not 
constitute recommendations to particular mis- 
sions that should be carried out. The three example 
missions are; 


• Automated Mars Surface Exploration and Sam- 
ple Return 

• Jupiter Atmosphere Buoyant Probe and Satellite 
Relay 

• Automated Ganymede Lander 

2.8.1 Mars Surface Sample Return 

The mission goal of Mars Sample Return i.s 
exploration of the Martian surface with return of 
lO kg <22 lbs) of suri'acc and atmosphere .-.umples. 

Figure 1 1 illustrates typical operarions on the 
Martian surface. The iander stands on its legs with 
the two rover tamps deployed. One rover is on the 
ramp; the second is near the sample return system 
receptacle. This receptacle brings the sample canis- 
ter to its launch location in the return system 
which is mounted on the lander. The lander serves 
as launclt pad for tlie sample return ascent stage. 
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Figure 1 1. Mars Surface Sample Return 


Table 4. MSB Transportation Requirement Summary 



EwU> Betwn IWxle 

— 

Mission 

Umd«f Mass 

Harm D»p«'tufe AV 

Arnyal AV | 


lb 

m;*5ec 

n.ilfc 

rr%>vec 

ft 'sec 

1 

Atmoi. muy 

F»it 

20 too 

45.540 

5000 

16.400 

5100 

17,700 

2 

Atmos, entry 

Stour 

7 500 

16.500 

<aoo 

14.104 

2 200 

7.200 

3 

Ewth psrkin} orbit 

Stem 

10400 

62.460 

4 300 

14.104 

2 200 

7.200 


Four ni&ion mode options were investigated; the 
tha’e described in Table 4 were retained. 

2.8.2 Jupiter Buoyant Probe 

Mission objectives to*' the Jupiter buoyant probe 
are the acquisition of data from the region of the 
upper Jovian cloud system over one day -nigh I 
period (iO hours), <vith further one-time data 
aetjui'^'tion to depths of at least 500 km <270 
n.mi.) lidow the cloud top.s. 

Long duration mission data is collected by a 
sciena* platform .supported by a balloon. In Figure 
12 it is shown just abo\e the cloud tops. J lie deep 
probe has just been released and will descend into 
regions of increasing pressure and tenifXTatufe. It 
relays data to the buoyant probe, for transmission 
loan orbital relay and thence to Farth. 


It is possible that the Jovian atmosphere is too 
violent (shears ami gusts i to allow operation of a 
balloon. .Alternative mechani?:ations might be vis- 
ualized. ( learly. additional data on the planet are 
needed to allow firm selection of a design 
approacii. 

The payload delivered to a synchronous elliptic 
Jupiter orbit (period 9.92 hours) is 2410 kg (5300 
ib) of which 1305 kg (2875 lb) is the entry probe: 
the remainder is the orbital relay. This is a high 
delta V ^mission requiring a C 3 of at least 80 
km“/sec- (8.01x10^ ft-/!W’C“) for Earth departure 
(Delta V for departure from a 500 km (270 n.mi.) 
orbit is about (>500 m/scc (21.325 ft/sec}), and 
9100 m/sec (29.900 It/sec) delta v for Jupiter 
capture. 
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figure 12. Jupiter Buoyant Probe 


2.8.3 Ganymede Lander 

Mission goals are : 

i ) Orbital observation tor (janymedc surface 

2 ) Soil ianiiitif. wit!) sample collection and analy- 
sis, lereo TV, plasma physics, inagnetomctcr. 
St ismic instruments. 

The basic missicn plan is to enter Jufuter space 
following a flight from Eartl) of approximately 800 
days ■ f C' 3 ■ ■ oi' 80- k m“/see -■ — ■ 8 , n ) x 1 0 ^ '* t -/see - > . A 
Ganymede powered swing*by maneuver is used to 
reduce ttie 2tV retjiiired at Jupiter arrival- A series 
of Ganytnedc Hy-liys follow t Ganymede pumpsi 
reducing tlie ortntal periotl. Four tly-bys take pla.-e 
hefltre the landing; more conk! he used, hut witli 
diminisliing return. The payload, including propel- 
lant for Jupiter space maneuvers, k 591(1 Rg 
1 13,030 Ho. injccied to Jupiter transfer. 


I he lander sysfenr is leased on the Surveyor vehicle, 
witfi tfie solar cell arrays replaced with R'TG’s. Also 
,so-ine -changes . . in - - ift-sula-t i-on - - are- - reti-t-iircd,- - -resulting - - 
in a modest increase in weight. The orbital dement 
was based on tfie planned Mariner Jupiter Orbiter 
(MJOl 1981 spacecraft, 

2.9 NUCLEAR WASTE DISPOSAL 

Production of nuclear energy by fission results in 
production of highly radioactive wa,stes consisting 
ol iKsion prod ucl s a»tl ■ ■ -ratlioacf i ve. ino-stly non - 
fissionable isotopes created by neutron capture. 
Niie.ear waste material is initially tniiiions of times 
more radioactive than the [wrent unmiuni. It 
decays, roughly exponctOialK . .o a ievel below 
that of the parent in .ib«>ul 10 million years. I'here 
k no general agreement or. the length of time 
required for decay to .i "sate” level, i-st('m.ircs of 
various authors range from “hundreds of years'* to 
•■nriHkms of year;,-" 

A number of methods lor perniancnl tt.e.. not 
requiring a eontimiing monitoring program) dis- 
posal have b?ee!i studicil. One ttf these is iHsposal in 

space. 

The power produced per uni? of waste protliiet 
produced by nuclear energy is large. Ie;tiiing to an 
economic leverage pruentially large enough u» 
permit tlie co.st of space ilkposal. Most studies of 
space disposal, in order hr enhance the economjcs. 
have dealt with reluied wastes (short-lived isolo(.**s 
separated out and lie Id in monitored storage until 
they decay to safe levels), A system to dispose of 
total waste would be ticsirable if tcasible. 


Three options were initially considered. The sec- 
ond option, "partially refined waste” combined 
most of ific di? ;dvimtages of options I am! and 
ha.s been dropped. Option 1. refltietJ waste a.s 
defined by a Lewis Research (‘enter study, is the 
baseline for tltis study. Option 2 Obrnierly option 
.^1 is total waste disposal. 


The hasdnie option i waste package has a total 
mass of .'245 kg (7150 lb I; about 50 such packages 
per year must be launched to support a representa- 
tive nuclear power generation program, ‘i'wo des- 
tinations were considered: it a ft,<t A\‘ solar 
parking orbit, total delta V tmm low I arth orbit 
about 5115 nj/sec (lo.XtlO it sec). and 2) .Solar 
system escape at ('3 ~ 150 km-v.- (i,t»l\l{f* 
ft-fsec-l. requiring a delta ol '-tlta) insck 
(30.000 ft /sect. 
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2.10 SATELLITE ENERGY SYSTEMS 

Recent studies have indicated the potential feasibil- 
ity of collecting solar energy in space on a large 
scale, converting it to microwave power, and 
beaming converted energy to Earth whe.c it 
can be reconverted to electricity for commercial 
sale. Solar photovoltaic and heat enpne (shown m 
Figure 131 converter satellites liave be**n pro^iosed. 





Operational satellite design concepts range from 
20x1 Ob kg to lOOx I Ob kg (44x1 Ob to 220x10b ib) 
depending on power level, type of conversion, and 
technology level assumed. These satellites would be 
placed in a geosynchronous operational orbit by a 
process of piecemeal launch from Earth, assembly 
.j, a low orbit, and transfer to the operational 
orbit. Present indications arc that E.irth launch 
capability should be about 250 UuG kg to 500 000 
kg (550.000 !b to I Ob lb) per launch, with a 
payload bay as large as is practicable. 


Figure 13. Satellite Energy System 


Tlie practicality of such a system is dependent on 
achievement of low costs for space transfrorta- 
tion the Hl.LV and FSTSA studies have indicated 
promising approaches to achieving these low costs. 
Also critical is the operational capability to assem- 
ble large structures atui systems in space, tolioweil 
by systesn checkout, troubleshooting, and opera- 
tion. Because a large extrapolation of current 


operational statc-of-llic-art is required t(» achieve 
capability to assemble and deploy power satellites, 
a demonstration laboratory and pilot plant pro- 
gram phase is indicated. This, in turn creates 
potential transportation requircrncnt>-; a represent- 
ative pilot plant is estimated as 250 000 kg 
(550.000 Ihl. 
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Various studies and projections of the rate at 
which power satellites should be brought on line 
have ranged from about 5000 megawatts to over 
50,000 megawatts per year, corresponding to a 
range of one satellite (representative 10,000 mega- 
\ att size) every two years to five satellites per 
year. 

2.11 SUMMARY OF MISSION-IMPOSED 
TRANSPORTATION P'"QUIREMENTS 
(Payload Only) 

Transportation requirements in terms of total or 
annual payload mass delivered to the mission 


destination are compared on a logarithmic scale in 
Figure 14. Propellants or transportation vehicles 
required are not included. Annual requirements are 
shown where a crew rotation or resupply require- 
ments exist. For nuclear waste disposal, the annual 
requirement reflects 50 waste packages per year; 
for satellite energy systems, placement of one 
power satellite per year in geosynchronous orbit is 
assumed. Table 5 compares payload requirements 
on a more detailed basis. 
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Figure 14. Mission Imposed Transportation Requirements Payload Only 


15 



Table 5. Mission Requirements Summary 
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3.0 TRANSPORTATION SYSTEMS 

3.1 MISSION/TRANSPORTATION OPERA- 
TIONS AND TYPES OF SYSTEMS 

Operations were divided into three categories for 
analysis, as shown in Figure 15: I) Earth launch 
and recovery, 2) orbit transfer, and 3) lunar or 
planetary transport (landing from the ascent to 
orbit). This is the most practical and efficient 
allocation of functions for vehicles employing the 
levels of technology assumed in this study. It is 
possible in principle to imagine a vehicle that 
would, for example, take off from Earth, travel to 
the moon, land, and return, but such a vehicle 
would require propulsion technology not definable 
today in engineering terms. 

Transportation systems required to perform the 
investigated future missions include Earth launch 
vehicles, orbit transfer vehicles and landing/ascent 
vehicles. 

Earth launch vehicle candidates include the space 
shuttle, a partly reusable heavy lift launch vehicle 
(HLLV) consisting of modified shuttle components 
such as the external tank and SRB, a fully reusable 
low cost heavy lift vehicle (LCHLV). 


Orbit transfer vehicles and lunar or planetary 
landing/ascent vehicle candidates include fully 
reusable and partly reusable systems and both 
LO 2 /LH 2 and LO 2 /MMH propellants. LO 2 /LH 2 is 
representative of deep cryogenic, high performance 
combinations. LO 2 /MMH is representative of dense 
but lower-performance systems. 

Also analyzed for some missions were more 
advanced orbit transfer vehicles, characterized by 
nuclear-Nerva (hydrogen-heater graphite reactor), 
nuclear-electric, and solar-electric systems. 

3.2 TECHNOLOGY BASE 

Technology base assumptions and guidelines were 
developed for each subsystem. 

3.2. 1 Main Propulsion 

Chemical propulsion systems draw heavily on the 
technology produced by the shuttle SSME. High 
chamber pressures (20 MH/m-; 3000 psia) for the 
larger engines are assumed in order to minimize 
engine envelopes; particularly important for small 
diameter multi-engine stages. Lower chamber pres- 
sures are assumed at lower thrust levels because of 
the problems in developing a .small high pressure 
staged combustion engine. The lower chamber 
pressure assumed for the LOo/MMH systems is 


. L'iNAR OR PLANET 
MISSIONS AND OPS 


_ GEOSVNC ORBIT 
^ ^ MISSIONS AND OPS 



landing AND 
ASCENT OPS 


LOW EARTH 
ORBIT missions 
AND OPS 


Figure 15. Mission Transportation Operations 
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related to the propellant being less effective in 
cooling. Vacuum Isp for LO 2 /LH 2 engines was 
assumed as 462 sec, and for LO 2 /MMH engines as 
366 sec. 

For nuclear propulsion, a Nerva type reactor 
appears most practical. An Isp of 780 sec. was used 
as an overall average considering start/stop losses 
and cooling in a reusable system. Nuclear-electric 
systems were assumed to use a heat pipe cooled 
reactor with a high temperature Brayton conver- 
sion system. Electric thrusters could be electro- 
static or MPD types with argon as propellant. 

3.2.2 Auxiliary Propulsion 

The use of hydrazine monopropellant was base- 
lined since inert mass reductions associated with 
more advanced systems such as storage bipropel- 
lants or O 2 /H 2 are minimal when considering total 
system impact. More advanced systems would be 
more costly. An Isp of 220 seconds was used. 

3.2.3 Structures 

Graphite-plastic matrix composites were assumed 
for unpressurized main structures in reusable vehi- 
cles; aluminum skin/stringer w'as assumed for 
expendable vehicles or expendable tanks. Elevated 
temperature materials are assumed where normal 
working temperatures for aluminum or composites 
are exceeded. For example, structural elements of 
the nuclear electric tug would be titanium due to 
thermal radiation from hot parts and the heat 
rejection radiator. 

Aluminum was assumed for all propellant tanks. 
Whenever possible, integral stiffening ot the pres- 
sure vessel sidewall was assumed rather than 
susptrded tanks. Reusable heat shields assumed 
shuttle technology where applicable; water cooled 
or other special heat shields were used where 
circumstances merit a departure from shuttle 
technology. 

3.2.4 Thermal and Meteoroid Protection 

Multilayer metallized plastic film (MLI) insulation 
w?s assumed for thermal protection of all main 
propellant tanks. A metal skin, non-structural for 
vehicles with integral tanks, was assumed external 
to the MLI, thick enough so that, in conjunction 
with the MLI, it provides sufficient meteoroid 
protection. 


3.2.5 Electric Power 

Fuel cells and batteries were assumed for electric 
power except for electric propulsion primary 
power. Fuel cells were tailored to the application 
and based on shuttle technology. Batteries were 
assumed to be Ni-Cad. 

3.2.6 Avionics 

LSI circuit chip technology was assumed available 
for data processing hardware; data bus techniques 
were assumed to Tiinimize wire mass. Communica- 
tions and GN&C systems assumed shuttle and 
full-capability tug technology levels. Laser radar 
was assumed available for rendezvous as required. 

3.3 SUMMARY OF FINDINGS AND RESULTS 
TO DATE 

The lollowing findings summarize the key results 
of the study to the present: 

• Missions fall into four transportation categories 

• Reasonable transportation solutions exist for all 
missions 

• Space-based power reejuires a tailored low recur- 
ring cost transportation solution 

The categorizing of missions was an expected 
result, except for the apparent uniqueness of the 
power satellite mission. The identification of rea- 
sonable solutions is significant and is discussed in 
some depth on the pages to follow. Power satellite 
transportation tends to be unique. The require- 
ments of an operational power satellite program 
are enough more demanding than the other mis- 
sions to merit a tailored solution. Elements of this 
solution, if developed, could be used by other 
missions although the latter missions can be per- 
formed by sy;iems requiring less development 
investment. 

3.3.1 Mission Transportation Categories 

The missions studied are listed in Table 6 according 
to their principal category. Some missions do not 
require transportation beyond the Space Transpor- 
tation System presently under development. Most 
of the missions require some form of advanced 
orbit-to-orbit transportation. The nature of the 
requirement and size of vehicles varies considerably 
from mission to mission. Some missions require a 
Heavy Lift Launch Vehicle (HLLV) because of the 
mass or volume of payload elements; some of these 
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Table 6. Missions Fall Into Four Transportation Classes 


• Shuttle iUS 


• Advanced OTVs 

(Note: Some OTV options 
require Hl.LV > 


• HLLV 


• Very low cost transportation 


• Current shuttle (raffic model 

• Low earth orbit modular space station 

• .Automated lunar exploration 

• Power satellite low orbit lab demonstration phase 


• Geosynchronous modular space station 

• Geosynchronous satellite maintenance sortie 

• independent lunar surface sorties] 

• Orbiting lunar station 

• Lunar surface base 

• Automated planetary exploration (advanced missions) 

• Nuclear waste disposal 

• Power satellite geosynchronous orbit demonstration phase 


Also require LTV's 


• Low earth orbit unitary station and space base 

• Geosynchronous unitary space station 

• .Manned planetary exploration (also required .Mars landing 
ascent vehicle) 


• Power satellite operational pliase 


(Note; HLLV provides cost and operational benefits to some mission options that 
do not require it) 


also require orbit-to-orbit transportation. The use 
of a HLLV benefits many missions that could l';e 
performed without it, as will be sliown. Also it is 
important to note that some of the orbit transfer 
vehicles require a HLLV to launch them to low 
Earth orbit. 

The special category of the power satellite opera- 
tional mission results from the great mass delivery 
requirement and resulting need for lowest attain- 
able costs. Demonstration laboratory pilot plant 
activities leading up to development of an opera- 
tional system do not require the very low cost 
systems and would probably be carried out prior to 
develi'pment of such systems. 

An additional dimension to the categorization and 
comparison of missions is the magnitude of the 
requirement. The mis.sions are compared in Figure 
1 6 in terms of the total annual launch requirement 
to low orbit, assuming LO2/LH2 orbit transfer 


systems e,xcept in the case of the power satellite, 
where self-pow'er is assumed. Note the logarithmic 
scale. In several casts it was necessary to assume a 
number ol missions per year in order to derive an 
annual requirement. 

3.3.2 Characteristics and Evaluation of Transpor- 
tation Solutions 

Reasonable solutions wvre found to all mission 
requirements within the scope of technology pre- 
sently understood. All of the transportation 
options employed technology levels such that 
advanced development could begin now il the need 
were clear. 

Costs were found to be affordable in the context 
of carrying out the mission programs setting the 
requirement. Over the past few years, stimulated 
by the Shuttle developments, it has become clear 
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SPACE MISSIONS OISP 

STATIONS 


Figure 16. Transportation Task for FSTSA Missions 


that major improvements are possible in space 
transportation technology, leading to cost effective 
systems through reusability and that this line of 
development can have as significant an impact on 
space transportation as the development of many 
of the ultra-high performance technologies (e.g.. 
laser propulsion) frequently discussed. 

The intrinsic cost of space transportation to low 
earth orbit is not high. The cost of the energy 
difference of a unit mass in a low orbit, as 
compared to at rest on the Earth’s surface, is about 
40^/kg (l8(//lb) at typical current retail electrical 

energy costs. Since rockets are inefficient in 
converting propellant chemical energy to payload 
kinetic energy, the cost of propellant for an actual 
large rocket vehicle is about SlO/kg ($4.50/lb) per 
unit payload mass. Even these values are very low 
compared to the roughly $2000/kg ($900/lb) 
achieved by expendable systems. 

It is clear that the shuttle is the first step in a new 
generation of reusable technology. Indications are 
that reusability combined with high traffic rates 


can approach cost figures no more than two to five 
times propellant costs, a typical target being 
$45/kg(S20/lb). 

3.3.2.1 Earth Launch Vehicles 

The vehicles shown in Figure 1 7 are representative 
of Earth launch vehicle needs identified by the 
study. At the left is the space shuttle presently 
under development. Second is a shuttle-derivative 
HLLV employing shuttle engines, a modified exter- 
nal tank, and 2 or 4 shuttle SRB’s. This class of 
HLLV is appropriate to all HLLV needs except the 
operational power satellite; the HLLV study has 
identified several potential configurations to satisfy 
the need. 

The operational power satellite mission needs a 
low-cost space freighter with a payload of 200 000 
kg (440.000 lb) or more. Shown is a single-stage 
ballistic fully reusable configuration. Two-stage 
ballistic/ballistic vehicles are also promising. 

The cost of low orbit transportation was shown by 
the first quarter of the HLLV study to depend on 
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SPACE SHUTTLE HLV LCHLV 



• PAYLOAD 

25 000 KG* 

W/2SRB 

72 270 KG 

227 000 KG 

9 270 NM 

(55,000 LB)* 


(159,000 LB) 

(500,000 LB) 

28.5 DEG 


W/4 SRB 

110 910 KG 





(244,000 LB) 


• GLOW 

1.91 KG 

W/4 SRB 

3.2 KG 

10.33 KG 

(106) 

(4.2 LB) 


(7.09 LB) 

(22.7 LB) 


• WITH ONE OMS KIT 

Figure 17. Earth Launch Vehicle Candidates 


configuration, propellant choice payload class, and 
most strongly on activity level. Costs for a few of 
the better performing configurations are compared 
in Figure 18. An idealized lower bound of cost 
versus activity level is al.so .shown, indicating 
expected cost capability of a parametric HLLV 
tailored to each activity level. (In principle, an 
actual fixed vehicle could attain the lower bound 
at only one activity level; at any other level a 
different vehicle would do at least slightly better). 
In subsequent figures this idealized HLLV is 
termed a “rubber” HLLV; its cost characteristic 
curve is used in a parametric manner. 

Using the rubber HLLV cost versus activity level 
from the previous figure, a parametric curve was 
developed showing annual cost for low Earth orbit 
transportation versus activity level (annual trans- 
portation requirement) as shown in Figure 19, The 
cost figures include a 20% increase factor for 
inefficiencies resulting from such things as pack- 


aging and propellant transfer losses. At the lower 
activity levels there is no cost advantage to a 
HLLV. FSTSA missions have been spotted on the 
curve; the automated lunar and low Earth orbit 
space stations are off the curve to the left. All of 
the missions are in HLLV activity level ranges A 
through C except the operational satellite energy 
systems (power satellites) at level E. These costs do 
not include direct cost of orbit-to-orbit systems 
but do include low Earth orbit transportation costs 
for their propellant. Ail of the transportation costs 
are affordable in the context of the kind of 
program environment that would lead to these 
missions. 
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Figure 18. LEO Lift Costs From HLLV Study (First Quarteriy Review) 
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ANNUAL LOW EARTH ORBIT LIFT REQUIREMENT 

Figure 19. Lift Cost to Low Earth Orbit 
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3.3.2.2 Orbit Transfer and Lunar Transport 
Systems 

The match-up-of transportation system options 
and missions studied during the Phase 1 Extension 
is illustrated in Figure 20. Transportation options 


are identified by the type of application, propel- 
lant option and staging method employed. Launch 
vehicles were not analyzed during this phase since a 
separate heavy lift launch vehicle study currently 
in progress provided sufficient data for the Exten- 
sion phase. 



^ COMMON PLUS DROP TANKS ^ DIRECT EARTH LANDING - SLOW RETURN 

Figure 20. Mission /Transportation Orations 


The transportation options indicated, and their 
match-ups with the missions, primarily reflect the 
results of Phase 1. In summary, there are .32 cases 
involving OTV’s and 14 cases employing LTV’s. 
Transportation options not included during this 
pha.se include planetary landers and two stage 
OTV’s and LTV’s. Planetary landers were excluded 
from further analyses since baseline systems were 
defined in Pha.se I and incorporated as part of the 
payload requirements for those missions. Two- 
stage 01 V’s and LTV’s were also excluded from 
further analyses since Phase 1 results indicated no 
better performance than the 1 1/2 or common 
stage concepts for vehicles that expended a fairly 
costly portion of the total system. (The common 
stage OTV is a special case of a two-stage vehicle ; 


the stages are equal in size and both are reused.) 

The low Earth orbit space stations are not reflected 
in Figure 20 since space transportation beyond low 
Earth orbit is not required. Automated lunar 
missions are not shown because the Shuttle or 
Shuttle with lUS can provide the required payload 
capability. 

All of the OTV concepts considered were analyzed 
for the geosynchronous space station (GSS) mis- 
sion. Results are representative of those obtained 
for other missions. To illustrate the influence of 
different propellant and staging concepts on overall 
size and general arrangement, the OTV concepts 
arc shown in Figure 21 all sized to perform the 
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electric 

Figure 21. OTV Concepts and Size Comparison, GSS Mission 


GSS crew rotation/resupply mission. Clearly these 
differences in configuration have a major impact 
on launch vehicle selection and orbital assembly 
operations. 

The concepts illustrated are representative of the 
configuration arrangements regardless of the mis- 
sion. In general, these concepts are being consid- 
ered for the following reasons: the LOi/l M 2 single 
stage for its simplicity; the LO 2 /LH 2 IV 2 stage for 
its performance and being size compatible with tl\e 
shuttle; the LO 2 /LH 2 common stage for perform- 
ance as well as complete reusability; LO 2 /MMH 
stages offer size compatibility with the shuttle; 

nuclear LH 2 stages pr^ ide good performance and 
the nuclear electric and solar electric stages provide 
relatively low propellant refueling requirements. 
These last two concepts however, are only used for 
delivery of unmanned payloads due to their slow 
trip times; consequently, they are supplemented by 
small chemical stages for manned payloads. 

The Solar Thermal Electric Propulsion System 
(STEPS) OTV identified by one of its large 
concentrators is further illustrated in Figure 22. It 
consists of two large solar collectors assembled in 
low orbit from shuttle compatible elements. Sun- 
light is concentrated into a cavity absorber to heat 


helium gas driving a closed Brayton turbogenerator 
producing electric power. Cycle waste heat is 
rejected by thermal radiators. Electric power is 
routed to the propulsion system employing MPD 
thrusters and argon propellant. 

Vehicle Analyses— All configurations were analyzed 
in sufficient depth to develop the performance and 
cost data needed for comparative evaluation. The 
two (common) stage LO 2 /LH 2 system shown in 
figure 23 is used to illustrate the level of detail 
used in defining configurations and in subsequent 
charts to show representative weight and cost 
summaries. 

The common-stage OTV concept consists of two 
nearly identical stages used in series to provide the 
required mission della V. The first of these stages is 
used to provide approximately H57f of the delta V 
required for leaving Earth orbit on a crew rota- 
tion/resupply night. Stage 2 provides the remain- 
der of the boost delta V as well as that rcijuired for 
injection into the destination orbit and return. 
Following separation from stage 2. stage I is fiown 
back into Earth orbit. Splitting the delta V in the 
above manner results in the stages having identical 
propellant capacities. Subsystem design approaches 
are also common between the stages including the 
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size of the main engine. Taken individually, each of 
these engines is similar to the single stage concept 
in terms of subsystem selection and location. When 
sized for the GSS mission, stage 1 is approximately 
19.5 m (57.3 ft) in length. At the forward end of 
the stage are two types of docking provisions. One 
of these systems is used to connect with stage 2 
while the center mounted unit is an international 
type design that allows docking with systems other 
than stage 2; examples include a tanker for 
independent servicing or a space station if basing is 
required while awaiting the return of stage 2. Four 
150 000 n (34.000 lb) thrust engines are used on 
stage 1 to provide the desired T/W for Earth orbit 
departure. Sizing of this engine was the result of 
thrust requirements and engine out capability for 
stage 2. 

Stage 2 is also 19.5 m (57.3 ft) in length; stage 
diameters are 5.5 m (18.2 ft). Docking provisions 
are required at both the forward and aft ends. The 
forward docking station uses an international unit 
for attaching payloads. In addition, this unit 
accommodates tankers or is used to connect the 
stage to a space station for basing. The aft docking 
provisions are used in conjunction with those in 
the forward section of stage 1 and enable the stages 
to be connected. Provisions are also included on 
stage 2 to allow servicing of stage 1 when the two 
stages are connected and the tanker is docked at 
the forward end of stage 2. Only two of the 
150 000 n (34.000 Ibj ) thrust engines are required 
on this stage. 

The total startburn mass of the common stage 
LOo/Lhi OTV for the GSS mission is approxi- 
mately 195 260 kg (430.480 lb). 

Dry mass of the two stages is nearly identical as tlie 
mass of the two additional engines on stage i is 
balanced by stage 2 having heavier tankage for APS 
and electrical power reactants and additional struc- 
tural mass due to the interstage surrounding the 
engines and supporting the stage to stage docking 
and service provisions. 

The masses of the stages are bascil on the following 
factois; The body shell includes the forward and 
aft skirts as well as intertank structure and u.ses 
composite materials. The remainder of this struc- 
ture is aluminum. The main engines use 20.6 
MN/m- (3000 psia) chamber pressures wliiie the 
pressurization system for stage 2 was sized for six 
main burns and four burns for stage 1. Cry ogenic 


stored helium is used for prebum and GOs and 
GHt tapped off the engines during the bum. 
Hydrazine monopropellant is used for APS. The 
selected avionics system provides autonomous 
capability including rendezvous and docking. 
LO 2 /LH 2 fuel cells provide an average load of 2 
kw for the seven day mission of stage 2 and one 
day mission for stage 1 . Rechargeable nickel- 
cadmium batteries are used for peaks with each 
sized for 50 amp-hrs. Approximately 0.25 cm (0.5 
in) of multilayer insulation is used around the main 
tanks in addition to a purge system using helium. A 
mass contingency equal to 15'^< of hardware mass 
has been added to account for historical growth. 

Main propellant loadings include 2'r flight per- 
formance reserves; a lOSf reserve is included in fuel 
cell reactants and APS propellant. 

A mass comparison of the candidate transportation 
systems is presented in Figure 24 for the crew 
rotation/resupply flight (it requi-res a slightly larger 
stage than the delivery of one of the two station 
clusters). Both startburn and resupply masses are 
presented. The lower mass of the LOs/LHs stage 
and common stage systems compared to the single 
stage approach is due to transporting less inerts as a 
result of staging. The LO 2 /MMH common stage is 
heavier than those of the LO 2 /LH 2 systems as a 
result of having a lower Isp (approximately 90 
sec). 

The nuclear LHt and two electric systems offer 
both the lowest startburn and resupply mass 
primarily as a result of their high Isp (nuclear 
LH 2 - 780 sec (avg) and nuclear and solar t lectric- 
2500 sec). Included in the resupply mass of the 
electric systems is the propellant for the supple- 
mental chemical OTV. 

Cost Analyses— DDTF and first unit cost were 
developed at the cost element level indicated in 
Table 7 for all transportation concepts. These costs 
were derived using cost estimating relationships 
(CER). the mass .•.unimaries and costing ground- 
rules peculiar to each option. All costs are 
expressed in 1975 dollars with no fee included. 
Program management includes only the contractors 
effort. 

In the e\ ■ of the common stage LO^/Llh >ystem, 
.1 total I ’OTE cost of approximately S420 million 
s pred . .ed while the unit cost for a complete 
vclucle ,s approximately S54 million. The relatively 
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low DDTE flight hardware cost associated witli 
stage 2 is the result ol its high degree ot common- 
ality with stage 1 . 

Development and unit cost of the options are 
compared in Figure 25. The high DDTE cost lor 
the nuclear LHs and electric systems is the result 
of the expensive nuclear reactors. It should also he 
recognized that the cost of the two electric .systems 


is based on data not nearly as well detlned as that 
for the chemical systems. In addition, the electric 
systems will require orbital assembly and this cost 
has not been included. First unit cost of the 
nuclear LHs and nuclear electric systems is again 
high line to the reactors. The high unit cost of the 
solar electric system results largely from structural 
complexity. 
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Figure 25. OTV Cost Comparison. GSS Mission 


Evaluation— A total cost indicator for the OTV 
options as a function of the number of OTV flights 
was developed by using the DDTE and unit cost 
from the preceding page and a SI 00 per pound 
launch cost to cover delivery of the OTV hardware 
and propellant. As indicated by Figure 26. the 
common stage LOs/LHs system becomes the 
cheapest aftet n>ne flights and provides a savings of 
approximately S200 million over the I I '2 stage 
system when a total of 60 flights are performed. 

A further compari.son of total ii.se costs is shown in 
Figure 27. The composition of the OTV cost 
indicator is appropriate to lUO total uses, .ibout 
equivalent to six uses per year over a 15 year 
period. This corresponds roughly to EILLV activity 
level B and to the 50 man geosynchronous station. 
It is cautioned that indications from this chart will 
not neces.sarily hold true for other activity levels or 
where a specillc Earth launch vehicle is chosen. 


Several specifle low orbit transportation cost slopes 
are shown, with the slope drawn such that sum of 
low orbit lift cost and OTV writeoff cost is 
constant. .Also shown are curves of constant total 
cost using the rubber t continuously variable cost 
optimized! HLLV characteristics described earlier. 
Cost and mass values for the solar and nuclear 
electric systems include a small LO^'LEl-' high 
thrust OTV. operating in conjunction with the 
electric OTVs. performing the crew transportation 
role. The electric OTVs deliver cargo and refueling 
propellant for the crew transport OTVs. The 
apparent cost advantage of the LO^/ LH 2 systems 
is evident. Absolute differences, however, are not 
large enough to justify discarding any of the 
options on the basis of this analysis. 

Other factors can also be used to evaluate the 
various OTV concepts. 
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There are no major concerns with the LOs/LHs 
single stage. The LO 2 /LH 2 1 I/- stage requires 
either two or tour drop tanks and consequently 
offers more complexity in assembly and propellant 
line hook-ups. The common stage concepts require 
docking the forward end of stage 1 to the aft end 
of stage 2 with the major problem being the 
presence of the main engines. In addition, both 
stages are operating simultaneously during the time 
period when stage 1 is returning to Earth orbit and 
stage 2 is deliverying the payloads. Both nuclear 
stages emit radiation which can confine the zone ol 
operation around the stages; disposal ot the high 
density reactors presents a more ditticult task than 
for chemical stage components. In addition, the 
nuclear electric stage must employ a high tempera- 
ture radiator that is of such size that considerable 
assembly is required particularly in terms of Huid 
line hook-ups. The solar electric system also 
requires on-orbit assembly in terms of the collec- 


tors and radiators and has a shorter operating life 
(in terms of number of missions) than the chemical 
systems. 

Chemical systems are judged to have relatively low 
technical risks since they are using technologies 
currently available. Moderate risk was assigned to 
the nuclear LH 2 system; there has been consider- 
able study and ground test work but no flight 
experience. Both electric systems have been given 
high risks since both require development of their 
basic propulsion systems (MPD thrusters) and also 
require considerable orbital assembly, yet to be 
demonstrated. 

Masses of LO 2 /LH 2 OTV stages are shown in 
Figure 28 for the various mission options, for the 
three staging options, indicating potential com- 
monality and the likelihood that vehicle evolution 
options can be found that will not result in severe 
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tnission/vehicle mismatch penalties. These evolu- 
tions could, for example, include use of a common 
stage second stage in a single stage mode for a 
smaller requirement. 

Lunar Transport Vehicles— Five basic transporta- 
tion options were considered for the LTV applica- 
tion and are compared in Figure 29. The particular 
size indicated for each option is related to the 
payload requirements of the OLS mission; how- 
ever. the general arrangement will remain the same 
for all of the missions employing LTV’s. It should 
also be noted that the crew/equipment module 
even though a payload, is included in each concept 
since it is never detached. 

The illustrated concepts have been considered for 
the following reasons: The small diameter single 
stage LO 2 /LH 2 concept offers simplicity and 
reasonable performance (the landing configuration 
is quite tall if shuttle compatibility is attempted). 
As a means of reducing the landing height of a 
single stage LO 2 /LH 2 option, consideration is 
given to a large diameter LTV concept that uses 
the full diameter capability of the HLLV. Perform- 
ance gain and improved landing height are possible 
with a 11/2 stage LO 2 /LH 2 concept. The drop 
tank in this case is jettisoned prior to the terminal 
descent maneuver. Stages employing LO 2 /MMH 
propellant were considered because the average 
bulk density is approximately three times that of 


L02/LH2- This factor more than compensates for 
the lower Isp in terms of the resulting height of the 
configuration when compared to a LO 2 /LH 2 con- 
cept using the same staging method. 

The 11/2 stage LO 2 /LH 2 system shown in Figure 
30 is used to illustrate the level of detail used in 
defining LTV configurations. 

This LTV concept consists of a main stage attached 
below the crew/equipment module to form the 
landing vehicle and an expendable drop tank that is 
attached above the crew equipment module. At 
landing, the configuration has a height of 14.6m 
(48 ft) and a c.g. 7.1 m (23.3 ft) above the lunar 
surface. 

The drop tank consists of a suspended ellipsoidal 
LO 2 tank and a LH 2 tank with integral sidewalls. 
The drop tank is 4.27 m (14 ft) in diameter and 
9.8 m (32 ft) in length. The tanks a.e sized to 
contain enough propellant to replenish the main 
stage tanks while the vehicle is in lunar orbit. 
Propellant remaining in the drop tank is used to 
provide the deorbit and initial braking delta V of 
1642 m/sec (5387 fps). At completion of this 
maneuver, the tank is jettisoned. 

The main stage consists of two cylindrica! LO 2 and 
two LH 2 tanks enclosed within an octagon type 
body shell. The diameter of the shell is reduced to 



Figure 29. L TV Concepts and Size Comparisons OLS Mission 
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3.9 m (12.8 ft) in order to accommodate the 
stowed landing gear within the 4.27 m (14 ft) 
physical diameter constraint. The tanks are sized to 
contain the propellant required to complete the 
landing maneuver and return the vehicle hack to 
the OLS on lunar orbit. 

Electrical power, avionics and APS are located in 
the bay between the main stage and the crew/ 
equipment module. Thruster clusters associated 
with the APS are mounted on the side of the 
equipment module. Payload han liing capability is 
provided by two units attached at the base of the 
stage. The units are folded down when the vehicle 
is in the Shuttle. Each unit employs an interna- 
tional type docking mechanism that can be rotated 
to facilitate docking of payload modules in orbit 
and also lower them to the lunar surface. Two 
main stage engines allow for engine out capability 
with each providing a thrust of 1 10 000 N (25.000 
Ibf). The engines arc throttleable and at startburn 
provide a T/W = 0.3. The landing gear configura- 
tion is designed to provide a landing gear radius to 
c.g. height ratio of 1.2 which is approximately that 
provided by lunar module. 


Mass comparisons of the candidate LTV systems 
are presented in Figure 31 for the crew rotation/ 
resupply fiight which has a delivery requirement of 
15 900 kg (35.000 lb) and return of 11 400 kg 
(25.0001b). 

The 1 1/2 stage LO 2 /LH 2 system provides only a 
slight advantage over the small diameter single 
stage LO 2 /LH 2 concept for the following rea.sons: 
1 ) the total delta V is low enough that a significant 
benefit cannot be achieved by staging as is the case 
when high delta V’s are required. 2) the 1 1/2 main 
stage must employ a shell to support the propellant 
tanks and 3) the drop tank has been .sized to also 
contain the main stage propellant during transit 
from Earth orbit. 

The greater mass of the large diameter single stage 
LO 2 /LH 2 systems relative to the .small diameter 
concept is due to the additional structural mass 
associated with the siiell that supports the propel- 
lant tanks. 

The LO 2 /MMH stages result in greater mass primar- 
ily as a result of their lower Isp (362 vs 453 sec). 
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Figure 31. L TV Mass Comparison, OLS Mission 


Cost summaries identifying DDTE and first unit 
cost for the LTV concepts were developed to the 
same level as previously indicated for the OTV’s. A 
comparison of the total DDTE and first unit cost 
for the LTV options is shown in Figure 32. Cost 
values shown do not include the crew and equip- 
ment module. 

In general, for both the DDTE and first unit cost 
the LO 2 /MMH concepts are cheaper as a result of 
tlieir main engines being less costly than LO 2 /LH 2 
engines. 

Total propulsion module cost for the LTV options 
as a function of the number of LTV flights was 
developed using the DDTE and unit cost from the 
preceding figure and a SlOO per pound launch cost 
to cover delivery of the LTV hardware and 
propellant and OTV propellant required for the 
transfer between Earth and lunar orbits. Results 
are shown in Figure 33. 


Although the MMH concepts begin with the lowest 
cost, the penalty of their greater propellant weight 
reflected in terms of transportation cost from 
Earth to lunar orbit tends to equalize their costs 
after about ten uses. Therefore, the lowest cost 
system after approximately 10 LTV flights will be 
the 1 1/2 stage and small diameter LO 2 /LH 2 
systems because of their lower replenishment 
requirement. 

Other factors can also be used to assess the various 
LTV concepts. In terms of full reusability, all of 
the single stage concepts qualify as do the main 
stages of the 1 1/2 stage options. Compatibility 

with the shuttle is primarily concerned with length, 
diameter and e g. characteristics. In the case of the 
small diameter single stage LO 2 /LH 2 system the 
length of the vehicle nearly exceeds the cargo bay 
limit when the landing gear is stowed. The situa- 
tion exists when the complete 1 1/2 stage LO-»/ 
MMH system is launched with the shuttle. 


33 




D180-19 201-3 


DOTE 


1ST UNIT 



STAGE STAGE STAGE STAGE STAGE STAGE STAGE STAGE STAGE STAGE 

(SMDIA) (LGOIA) (SM DIA) (LGOIA) 

LO2/LH2 LO2/MMH H K- - LO2/LH2 > LO2/MMH 

Figure 32. L TV Cost Comparison, OLS Mission 

ICP*41^ 



NO. OF LTV FLIGHTS 

IEF.410 

Figure 33. L TV Cost Sensitivity to Number of Flights 


34 




D180-19201-3 


The major concern for the single stage LO 2 /LH 2 is 
that of landing stability even though the specified 
ratio of landing gear radius/c.g. heiglit has been 
used. Concern with the height of crewmen above 
the surface or accessibility is not considered a 
severe penalty since in all cases an automated 
elevator type device can be used. The only concern 
with the I 1/2 stage concepts is that of drop tank 
Jettisoning and assurance that no impact would 
occur with the main stage since the system is 
operating in a “g” field. Propellant line hook-up 
between drop tank and main stage is considered no 
more difficult than when a single stage is being 
refueled in orbit. 

3.4 POWER SATELLITE TRANSPORTATION 

Selection of a transportation option for the opera- 
tional phase of the power satellite mission involves 
several interrelated issues: 

• The transportation system will be strongly influ- 
enced by selection of assembly location; that 
selection may be based primarily on satellite- 
related matters other than transportation. 

• Transfer time is important to fleet size determi- 
nation, to the duration of exposure of the 
satellite to intense Van Allen radiation, and to 
delay costs in terms of beginning operation of 
the satellites. 

• Mass to be transported and the cost of transpor- 
tation are important because the mass is great 
and the cost must be kept as low as is 
practicable to maximize economic benefits of 
the system. 

• The selected system must be conducive to that 
amount of pilot scale demonstration deemed 
necessary to provide the technical and cost 
confldence prerequisite to an operational devel- 
opment decision. 

These factors are evaluated in the context of a 
representative power satellite program deploying 
one operational 10.000 MW satellite per year. The 
satellite mass will be in the range of 40x10^ to 
100xl0<^’kg (90x10^ to 220 x 1 06 lb), and will 
require hundreds of HLLV flights per year. 

3.4.1 Assembly and Transfer Options 

The choice of assembly and transfer option 
imposes varying degrees of constraint on orbit 


transfer transportation. If payloads are to be 
delivered all the way to geosynchronous orbit 
before unpackaging and deployment, there are no 
practical limits on OTV acceleration, but the 
HLLV-OTV match must be on the basis of simple 
increments, i.e., the OTV payload is one-half, one, 
two, etc. HLLV payloads. 

If some assembly is to take place in low orbit, the 
OTV/HLLV match is uncoupled, but OTV acceler- 
ations will be limited, depending on degree of 
assembly and deployment, to relatively low values 
by satellite element structural limits. 

In the low orbit assembly option, accelerations will 
be limited to very low values in the electric 
propulsion range. Assembly of an entire power 
satellite in low orbit appears to be precluded by 
gravity gradient loads and air drag; four to ten large 
modules, that can be joined in geosynchronous 
orbit by relatively simple operations, are indicated. 
The large size of these modules will probably 
dictate the use of several OTV’s operating in a 
tuglike fashion, since a single very large OTV 
would itself require orbital assembly. 

Some assembly location factors are not directly 
associated with transportation of the satellite itself. 
Crew logistics and other crew consideratio"s 
strongly favor low orbit assembly; impact on the 
power satellite itself favors high orbit assembly. 
Present estimates are that considered all together, 
these factors tend to favor low orbit assembly. 

The most notable difference between high thrust 
and low thrust systems is trip time. A high thrust 
vehicle can make a geosynchronous round trip in 
one day. A low thrust vehicle may require six 
months. This in turn affects fleet size and fleet 
investment. For a high thrust reusable system, even 
if hundreds of trips per year are required, only a 
few vehicles may suffice since one vehicle can 
probably make 50 trips per year. For low thrust 
systems, one vehicle can make perhaps two trips 
per year and a very large fleet is needed. The 
self-power concept uses power output from the 
satellite modules to drive electric propulsion sys- 
tems for orbit transfer. Typically six propulsion 
modules per satellite module are required. For 
completion of one satellite per year, twelve pro- 
pulsion modules, plus spares, are required. 
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3.4.2 Transfer System Options 

Transfer system options investigated include LO 2 / 
LH 2 and Nuclear LH 2 (Nerva) high-thrust vehicles, 
nuclear and solar electric low-thrust vehicles, and 
self-power, using the satellite module electric out- 
put to drive the ascent propulsion system. 

Shown in Figure 34 is a representative self-power 
concept. The satellite consists of four power 
generation modules (PGM’s) and a power trans- 
mission system (antenna). The power generation 
modules are assembled in a low orbit and fly 
independently to geosynchronous orbit; one of the 
four must deliver the antenna. In geosynchronous 
orbit, the four modules are joined to form the 
complete system. For transfer a propulsion module 
is attached to each vertex of the PGM concentrator 
and an additional one may be attached at the 
thermal cavity, depending on control requirements. 
Each propulsion module consists of electric and 
chemical (LO 2 /LH 2 ) thrusters, power conditioning 
and control equipment, thermal control radiators, 
and LO 2 /LH 2 tankage for return propellants. 
Ascent propellants are fed from tanks permanently 
attached to the PGM. During ascent, electrical 
thrust is used except when the vehicle is shadowed 


by the Earth; then chemical thrust is used to 
maintain the PGM in a sun-facing attitude. During 
the initial part of the transfer, a significant 
proportion of total thrust is expended to maintain 
PGM attitude control in the presence of gravity 
gradient disturbing torque. The penalty for this has 
been roughly estimated as a 10% addition to tc.al 
ascent delta V requirement; this has been reflected 
in the ascent delta V requirement of 6600 m/sec 
(19,685 ft/sec) used to size the systems. The 
propulsion modules return to low orbit for reuse 
using their LO 2 /LH 2 thrusters and internal 
propellant. 

3.4.3 Comparison of Options 

The mass and cost penalties associated with orbit 
transfer can be expressed as burden factors to 
simplify expression of total transportation costs. 
Shown in Figure 35 are mass burdens, expressed as 
(orbit transfer mass increment in low orbit )/( power 
satellite mass). The mass burden for low thrust 
systems is dependent on the performance of the 
power generation system in terms of mass/power 
ratio, if trip time is held constant. A 160-day 
round trip was groundruled, offering the potential 
for two trips per year per vehicle. For self-power, a 
90 day up-trip was assumed since this thrust (i.e. 
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Figure 35. Orbit Transfer Burden Factors 


acceleration) level appears to be compatible with 
gravity gradient control requirements. 

Recurring cost for power satellite orbit transfer can 
be estimated by considering HLLV costs in combi- 
nation with mass burden factors plus orbit transfer 
hardware cost, as indicated by the equation in 
Figure 36. 

Packaging and orbital assembly operations logistics 
have not been studied in any detail and the values 
shown are ROM estimates. The packaging burden is 
(actual HLLV flights required per satellite)/(ideal 
number considering only satellite total mass). The 
logistic burden is (cost of all logistics flights to 
support assembly or one satellite )/(cost of ideal 
number of HLLV flights). Many of the logistics 
flights are expected to employ the shuttle. Orbit 
transfer mass burdens were shown on a previous 
chart. 

Recurring cost results are shown on the right-hand 
side of the chart. Orbit transfer system DDT&E 
costs were not included but are nearly negligible at 


a power satellite activity level. The apparent 
advantage of self-power results because 

• The mass burden is low 

• The hardware cost is far less than other systems 
with low mass burden because power generation 
is provided by the satellite modules. 

This analysis did not include the effect and cost of 
self-power design requirements on the power satel- 
lite module. Therefore, and because the self-power 
system involves significant technical risk, the other 
options are still considered viable. 

A final very important issue is ability to demon- 
strate technical capability and potential for low 
cost ir a pilot program. Principal considerations are 
as follows: 

• Low orbit is strongly favored for pilot plant 
orbital assembly and test (need only Shuttle and 
space station). 
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Figure 36. Power Satellite Orbit Transfer Cost Summary 


• Pilot plant demonstration is expected to include 
geosynchronous transfer and furtlier tests. 

• Issues are similar to those for operational plant 
except that OTV DDT&E dominates cost. 

A typical pilot plant mass is estimated as 
250 000 kg (550,000 lb). Total transportation 
masses are compared in Figure 37. The OTV 
options used for this comparison, excepting self- 
power, were adopted from the geosynchronous 
space station options described previously. Trip 
time constraints were relaxed in view of the 
relatively few trips required. 

Transportation cost comparisons are presented in 
Figure 38. including OTV DDT&F cost. The 
shuttle is assumed as the Earth launch vehicle. 
Since a high thrust chemical OTV will be needed 
for crew transport, an alternate comparison would 
delete the DDT&E for this system as it is required 
regardless. On that basis, the LO 2 /LH 2 system is 
minimum cost. Self-power could be demonstrated 
at small additional cost, trading its DDT&E against 
reduction in number of shuttle flights. 


4.0 FSTSA PHASE II STUDY PLANS 

Sceneries (example futures) will provide the work- 
ing basis for the Phase II effort. Four working 
scenarios have been developed. Transportation 
system options will be fitted to each scenario, 
defining a candidate evolution for each option. 
Since there will be alteniative transportation sys- 
tem options applicable to each scenario, there will 
be about 10 to 20 candidate programs to be 
evaluated during the first optimisation activity. (A 
program is a scenario employing a particular 
transportation evolution ; each scenario can eniploy 
a number of alternative transportation options.) 
Program cost data will be developed using the cost 
data base developed by Phase 1. Only transporta- 
tion and transportation-related costs will be deter- 
mined; mission hardware will not be costed. 
Transportation costs will include DDT&E, fleet 
investment, recurring launch and operations, and 
sustaining costs. 
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Figure 38. Transportation Cost Comparison Power Satellite Pilot Plant 
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Optimization and evaluation will be performed as 

follows; 

• Representative programs (scenarios with trans- 
portation options) will be selected for modeling. 
Sections will be made to ensure that key 
questions are addressed. Parametric models of 
the program will be constructed, relating such 
factors as heavy lift launch vehicle (HLLV) 
payload, HLLV reusability, orbit transfer vehicle 
(OTV) payload. OTV size, number of flights, 
and costs. 

• Results of the modehng will be evaluated in 
order to select discrete transportation solutions 
most nearly corresponding to the idealized 
optimal points determined by analysis. 

• Qualitative evaluations, employing qualitative 
critfria from the Phase I extension, will also be 
made. 

• Results will be reviewed with NASA at the 
pre-midterm working session and initial selec- 
tions made. 


• This process will be repeated with refinements 
during the second half of the study. 

Alternative scenarios will be prepared for the 
purpose of testing evolutionary development strat- 
egies. Strategies analysis will proceed through steps 
of commonality identification, decision driver 
identification logic tree development and method 
of application. The resulting evolutions will be 
evaluated. Results of the tests and evaluations will 
be used to revise and update the strategies. Also 
during the second half of the study, transportation 
system definitions will be developed. These will 
utilize data developed during the Phase 1 extension 
and will describe the systems to a level of detail 
adequate as a point of departure for any subse- 
quent Phase B definition studies that the NASA 
may elect to conduct. 
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